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SUMMARY

Tests of a group of related NACA drfoil. sections varying in max@um
thickness, design lift coefficient, and thiclmess Ustribution have been
conducted in a two-dimensional open-throat type of wind tunnel at Mach
numbers of 0.3 to about 1.0 ad at corresponding Reynolds numbers from

0.7 X 106 to 1.6 X 106. Normal-force, drag, and pit--moment coeffi-
cients are presented, together with representative schlieren photographs
and pressure-distribtiiondiwams.

The results of these tests indicate that at near-sonic speeds the
madmum ratio of the normal force to drag (n/d)H approaches the low

( )
values theoretically detemined for a biconvex airfdl. in supersonic
flow; contrary to low-speed results the (n/d)= increased as either

the thickness ratio or the camber was decreased. At all Mach nmrs
the normal-force coefficient for (n/d)H generally increased tith

increases in thickness ratio and camber @ with forwsrd movement of the
position of madlmml thjmkness. The trends of the data in the highest
Mach number range indicated that the normal-force-curve slopes of alJ-
airfoils tested sre approximately equal at Mach number 1.0, the value
being about the same as at low speeds.

INTRODUCTION

Eesigners of aircrsft and aircraft propellers have repeatedly
expressed the need for airfoil-section data in the trsnsonic -speed
range. Almost all section data in the subsofic speed range have been
obtained from closed-throat tunnels which inherently 13mit the speed
range of the tests to Mach mxnbers less than the choking value, gen-
erally about 0.9. &ofi fOrCe characteristicsmeasured at Mach n~-
bers near the choking value are influenced ma undetermined amount by t~
flow distortion associated with this choking limitation. Furthermore,

%upersedes recently declassified NACA Research Memrandm L5XZW
by Bernexd N. Daley and Richard S. Dick, 1952.
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2 NACAm 3$07

the correction applied to the closed-throat data for the effect of the
.

tunnel boundary is fundamentally a low-speed correction which has been
extended to high-speed conditions by the Prandtl-Glauert factor. Since
this factor is strictly applicable only at subcritical Mach nunibers,the

,,,

applicability of the correction at higher Mach numbers is questionable.

One method of extending the subsonic speed range of two-dimensional
experimental tests is the utilization of the open-jet principal to elimi-
nate the choking limitations. This scheme permits the streamlines
around the model to curve somewhat more than in purely two-dimensional
flow and presents some difficulty in measurement of the stream Mach num-
ber, but the only large correction required for the data is applicable
to the angle of attack. TMs correction is theoretically defined only
at low speeds; but, since all the force characteristics of an airfoil can
be obtained simul.tsmeousl..yat the same effective or nominal angle of
attack, the lack of the correction should affect only those data in which
angle of attack is used as a variable or as a parameter. Although the
use of the open-jet principle is subject to these disadvantages, its use
appeared to be a logical first step toward the attainment of experimental 1
data nesr Mach nmnber 1.0. The flow boundaries in the Langley rectangular
high-speed tunnel were therefore extensively revised to prduce a two-
dimensional open-throat-type tunnel, now designated as the Iangley 4-

.

by 19-inch semiopen tunnel. This method was used byF&ri (ref. 1) in
obtaining airfoil data at Mach numbers up to 0.94 @ Reynolds numbers

Up to 4.2 X 105.

In the present investigation, a group of related airfoil sections
varying in msximum thickness, camber, and thickness distribution were
tested for the purpose of determining the effects of these variables on
the flow and force characteristics of airfoils at Mach numbers up to 1.0

and at Reynolds numbers up to 1.6 x 106. The results of these tests are
presented herein. When the results of high-speed airfoil tests in a semi-
open tunnel such as the Langley 4- by 19-inch semiopen tunnel or the
tunnel used in reference 1 are compared with airfoil data from closed-
throat tunnels, certain characteristic discrepancies sre noted. Ih par-
ticular, the airfoil force coefficients at supercritical speeds tend to
change more rapidly with Mach nmnber in a closed-throat tumnel. It iS
unfortunately impossible at present to determine definitely which type
of tunnel produces the more nearly correct results. Comparisons of the
present results with transonic airfoil data derived from transonic wing
tests in free air and in a large slotted tunnel are included in this
report, and these comparisons lend support to the validity of the pres-
ent data. However, until more conclusive evidence becomes available, all
high-speed airfoil data should be used with some caution.

.
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SYMBOLS

A

c

cd

Cdo

cm

“Cn

c1
i

c%
h

H

M

h

%%

MZ

n/d

(n/d)m

P

P=

aspect ratio of wing

airfoil

section

section

section

section

chord

drag coefficient

drag coefficient at zero lift

pitching-moment coefficient, about quarter chord

normal-force coefficient

design section lift coefficient (incompressible)

section normal-force-curve slope, uncorrected, ‘n/West

test-section

test-section

test-section

height

total pressure

Mach number (determined from a calibration
using the average pressure in the chambers above and
below the model as a reference)

test-section I@ch nuuiberat drag rise
(~= 001)

( )
dcn o

test-section Mach number at force break — =

local Mach number

section normal-force-hag ratio

maximum section normal-force-drag

[dM )

ratio

pressure

critical

PZ-P
coefficient,

!l

0.523H - p
pressure coefficient,

q
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P test-section

l?~ local static

static pressure

pressure

NACATN 3607

Pref static pressure used as reference for calibration

q test-section dynamic pressure

R Reynolds nmiber, hazed on k-inch chord

t airfoil maximum thicbess

Xcp location of center of pressure, chords behind leading edge

%est section angle of attack, uncorrected

‘% section angle of attack, corrected for jet deflection
(as calculated for i~compressible flow)

APPARATUS AND TESTS

Wind Tunnel

General description.- The tests were conducted in the Langley 4- by
19-inch semiopen tunnel, an induction tunnel which is shown h figure 1.
The parallel plates or side walls form fixed boundaries to the flow in
the plane of figure l(b). The test section of the tunnel is sealed from
the atmosphere, but the flow over t~ top and bottom of the test section
is not restrained by fixed boundaries. An external duct connects the
upper with the lower chamber. For two-dimensional models this arrange-
ment results in an essentially open-throat tunnel which is not sub~ect
to the usual choking limitations of a closed-throat tunnel. An adjustable
choking device, which controlled the tunnel mass flow by varying the mini-
mum mea of the stream, was installed in the exit cone. Since the power
available was always sufficient to maintain the speed of sound at the
minimum area of the stream, the choking device stabilized the flow and
was used to fix the test-section Mach number at any desired value from

0.3 to about 1.0. Reynolds numbers UT to about 1.6 x 106 were obtained. ‘

Mach number distributions in tunnel.- lR@re 2 shows that the Mch
number is reasonably uniform across the 19-i.nchdimension of the tunnel.
Uniform longitudinal Mach number distributions, however, are more diffi-
cult to obtain. l?iguxe3(a) shows that the Mach nmber variation along
the test region in the empty tunnel varies up to *2.5 percent of the
free-stream Mach number.

.——— — —.— .-.. .—.
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,
The effect of the model on the flow in the tunnel is also shown in

figure 3. (In this figure the local Mach nunber at the 24-inch station
is the same with or without the “modelinstalled.) The model restrains
the flow along the tunnel longitudinal -s and greatly reduces the max-
imum Mach number obtainable withh the region bounded by the nozzle
blocks (fig. 3(a)) and al.ongthe edges of the jet (fig. 3(b)). tithe
regions above or below the model location and near the edges of the open
jet, the distributions without model are relatively flat.

Calibrations.- Calibrations of the tunnel velocity were obtained
(fig. 4) by using as references the average pressure in the chauibersabove
and below the model; also, as a separate calibration, the pressure at the
24-inch station was.used (fig. ~). The upstream orifice (24-inch station)
provides no indication of the expansion existing at the lips of the nozzle
(with the model in place). ~refore, the madmmn Mach number indicated
by this method iS 10W. (See fig. 3(a).) The caUlmation based on the
average chsmber pressure includes the effect of expansion near the lips
of the nozzle and is more regular and less critical than the one based on
the upstream orifice (24-inch station). (*e fig. k.) ~ average chsm-
ber pressure has been used, therefore, as a reference for calibration in
this investigation. The stresm Mach ntnnber,as determined by the pres-
sure in the tunnel chsmbers, may be influenced by two opposing effects:
a increase in velocity due to the model and the decrease in velocity
nesr the lips of the exit cone. The smount by which these effects influ-
ence the stream Mach nmber is not known, but it is not expected to be
large.

Exit-cone size.- Exploratory tests were made to determine the effect
of exit-cone opening on the tunnel flow. Figure ’4shows that, although
the etit-cone opening did not exert a large influence on the lnmnel cal-
ibration, it did sffect the highest obtainable Mach nmber. When the

exit-cone opemlng was as small as 14 inches, the highest test Mach nmn-
4

ber was 0.935. The efit-cone openimg required to prevent a reduction in
the msxhum test Mach number was larger than the opening at the exit of

‘h ‘ozz’e(’%+ because of the flowmixinn along the 8-inchlength

of free hound&ies. When an airfoil was tested, an additional increase
in etit-cone opening was required because of the model wake. Tests with

models indicated that a minimm exit-cone opening of 2& inches was
4

required so that the highest speed rsage of the tumel could be utilized.
This value has been used for the data in the r-rider of this paper.

Jet-boundary effects.- Aerodynamic data from this type of wind tunnel
sre subject to corrections similar to those of an open jet. References 2
snd 3 show that the only important correction to the airfoil forces in an

-——. -- —-.. ...— -.. . . — —.———



6 NACA TN 3607

open jet is the jet deflection or angle-of-attack correction. The Langley
k- by 19-inch semiopen tunnel is amdified open-throat-typewind tunnel,
since the exit cone provides some restraint to the jet deflection. The
corrected angle of attack (in degrees) for this specific configuration
with equal pressures in the chambers above and below the model canbe cal.-
culsbed by reference 4 to be ~ = cq-e~t- I-.85% for incompressible

,flow. No methods have been devised to extend this correction to Mach
numbers nesr 1.0, but sane indication that the magnitude of the correc-
tion does not chsnge gxeatly at high hchnumbers is given under the
section “ComparisonsWith Other Data.” For the purpose of consistency,
however, all data presented in this paper are uncorrected unless other-
wise specified. ~ values of @e of attack presented herein, there-
fore, me nominal only. The values of normal-force-curve slope pre-
sented herein sre also uncorrected and should not be used quantitatively,
buk they shouldbe qualitatively correct in their variations with air-
foil shape parameter, normal-force coefficient, and Mach nmiber. Since
all the aerodynamic forces were measured simultaneously at the same
effective angle of attack, the validity of all other data presented
herein (that is, a13.data which sre presented without reference to angle
of attack) and the conclusions drawn should not be affected by neglecting
the corrections.

Effect of duct size and hunidi~.- The tests of all the airfoils
were not conducted with external ducts of the ssme size. An external
duct having aminhmm area of 5.5 square inches was used for the original
tests. After these tests showed that eqps.1pressures in the chambers
above and below the model could not be maintained at high angles of
attack, the minimum duct area was increased to 52 square inches to insure
pressure equalization. Limited investigations to determine the effect of
duct size on the aerodynamic ctiacteristics have been made and the
results of one of these tests are presented in figure 5. The disagree-
ments shown in this figure between the data of the different duct sizes
me the largest found in any of the tests. For this particular com-
parison, a considerable smount of the difference between the data of the
two duct sizes appears to be due to a difference in Mach number and
effective angle of attack, but this was not consistently found in other
Comparisons●

At zero angle of attack (fig. 5), where no flow occurs through the
duct and a change in duct size should not affect the airfoil character-
istics, differences in drag coefficient maybe observed in the Mach num-
ber range above the drag rise. It is believed that these differences are
due to differences in relative humidity. Evidence was.found that con-
densation shocks in the flow which have the effect of increasing the
normal-to-chord extent of the shock loss are possible when the s@na-
tion relative humidity is as low as 25 percent. Since it was not gen-
erally possible to test at relative humidities much less than 20 percent,
some of the drag coefficients in the highest Mach number range may be

,1
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NACA TN 3607 7

subject to condensation effects. The differences in drag coefficient
shown at the higher speeds for all lifting conditions in figure 5 are
therefore not necessarily due to the effect of duct size. No evidence
was found that the stagnation relative humidity had appreciable effects
on the lift and moment coefficients. The duct size used for each air-
foil is indicated in the basic data plots where the data are plotted as
a function of Mach number. Whenever a comparison of airfoil data is made
to show the effects of change of airfoil maximum thickness, design lift
coefficient, or thickness distribution, the duct size is the same.

Compaxisons with other data.- No other two-Mmensional data are
available at Mach numbers approaching 1.0 with which to compare the data
presented herein; however, an attempt to verify the data from the Iangley
4- by 19-inch semiopen tunnel was made at somewhat lower speeds by com-
paring the data presented herein with those obtained from other two-
dimensional faci~ties. Points of agreement could be found in these com-
parisons; but simultaneous Weement of all forces was not found, either
between the data of the 4- by 19-inch tunnel and those from any other
facility or between the data from any two of these other facilities.
Comprehensive quantitative comparisons are therefore omitted.

Several.figures have been prepsxed by using the meager available
data to provide a qualitative indication of the value of the data pre-
sented herein, particularly at the high Mach numbers. The variation of
the zero-lift drag ~thllachnmnber obtained in the 4- by 19-inch tmnel
for several symmetrical airfoils is compared in figure 6 with data
obtained by the fa~g-body method (refs. 5 to 7) and with data frcnna

two-dimensional closed-throat tunnel for which ~= 0.133. (See ref. 8.)

NACA 64A-series airfoils having infinite aspect ratio were used in the
4- by 19-inch-tunnel tests, whereas NACA 65-series airfoils hawbg an
aspect ratio of 7.6 were used in the falling-body tests and NACA 64-series
airfoils having infinite aspect ratio were used in the closed-throat-
tunnel tests (shownto the choking Mach nmter). The drag data from the
4- by 19-inch tunnel sxe lower than those frmthe closed-throat tunnel
at high Mach numbers. This difference could result from three possible
effects: the lack of sufficient restraint to the flow along the free
boundaries of the open tumnel, the influence of the choking limitations
in the closed-throat tunnel, and the questionable nature of the closed-
throat-tumnel corrections at high Mach nmbers. The drag data from the
4- by 19-inch tunnel sre higher than those obtained by the fdli.nn-body
method. At a I@ch nwnber beyond the drsg rise, the Mach nunber increment ~
between the drag curves of the NACA 651-012m (A = 7.6) tested by the

falling-bodymethod and the NACA 64AO12 airfoil (A = ~) tested in the
4- by 19-inch tunnel is appro-tel..y the same as that which would be
expected for this change in aspect ratio from the results of reference 9;
for airfoils of lesser thickness, this increment decreases,.aswould be
expected. Since the data of references 5 to 7 should correspond closely

. . ..—. —.. .. ____ ._ _ -—. .. . . ._ —.._ ____ ___



8 NACA TN 3607

to conditions of unrestrained flow, it appears, therefore, that the var-
n

iation of drag coefficient with Mach number as obtained in the Iangley
~ by 19-inch semiopen tunnel is approhtely correct.

ChordWise pressure distributions have been obt&ed at various span-
wise stations on the * of the X-1 airplane in flight tests conducted

1at the NACA High-Speed FMght Wation at Edwards, ~., and on a – -scale
4

model of the X-1 airplane in the Langley 16-foot transonic tunnel. These
data for spanwise stations 49 or 64 percent of the semispan fram airp~
center line are compsred at equal lift coefficients (fig. 7) and excellent
agreement is obtained. For purposes of comparison with these data, the
ssme airfoil section, the ~CA 65-~0, was tested in the Lsn@ey 4- by
lg-inch Semiopen tunnel. T& angle of attack of the ~ by 19-inch-tunnel
data (for figs. 7 and 8 only) has been corrected for jet deflection (as
calculated for tnccmpressibleflow) and is compared with 16-foub-tunnel
&ta (uncorrectedfor downwash) at corresponding angles of attack.
Although a comparison of two- and three-dimensional data at high subsonic
Mach nmbers is complicatedby unhewn effects of tip relief and fuselage

.

velocity field, some significant potits can be observed. The press~e
distributions from the two souxces (fig. 7) are in good agreement over
the forwsrd portion of the profile at dl Mach nmnbers. This similarity

.

of the forward portions of the pressure distributions provides an indi-
cation that the calculated incompressible correction to angle of attack
is of the proper order at these Mach nwnbers. At Ijachnumbers of 0.85
and 0.90, the pressure distributions over the rear of the airfoil exe
similar for both tests, except that the rapid pressure rises associated
with the shock phenomenon on the up~r and lower surfaces are somewhat
more resrward on the wing thsm on the airfoil and it appears that little
or no separation occurs on the w5ng forward of the shock wave. These
differences are magnified as the Mach nunber is increased from 0.90
to 0.95, in which m.nge the data for the three-dimensional case ere very
sensitive to chsmges in Mach nunber. These differences may be the result
of three-tiensional effects or clifferences in Reynolds number, that of
the 16-foot-tunnel tests being appro-tely three times those of the
present tests. At a Mach nmuber of 1.0, good sgreement between the two- ‘
and three-d3mensimal data is observed, the shock wave being nesx the
trailinn edge for both configurations.

A shim comparison for normal-force end pitckdng-moment coeffi-
cients is presented in figure 8. Good agreement is shown between the
16-foot-tunnel data and the k- by 19-inch-tunnel data up to a Mach nmn-
ber of 0.90. At somewhat higher Mach numbers the three-dimensional data
indicate larg~ normsl-force coefficients snd more negative moment coef-
ficients then the two-dimensional.data. .At M = 1.0, the two-dimensional
force data are again in good agreement ~th the three-ilhensional data.
Although the clifferences shown at Mach numbers of 0.925 and 0.95 appesr

... ——__———.
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to be due to a
concluded that
of the possible
Reynolds nwnber

difference in
~ Mach nmnber

tidicated Mach ntiber,
error exists in either

large i&uences of fuselage shock,

it should not
group of data
tip relief,

on the wing pressure distribution in this speed

Aerodynamic data
following effects:

Thickness

NACA 6&AO04
NACA 64A006
NACA 64AO09
NAcA 64A01.2

Models

for airfoils are presented herein to show

Csmber Thickness distribution

NACA 64A006 NACA 63A009
NACA 64A206 - NACA 64AO09
NACA 64A* NACA 63A009

NACA 16-009

9

be
because

range.

the

Ordinates for these airfoils are given in table I and a comparison of the
profiles is made in figure 9. (S~e ref. 10 for the develo@ent of the
6A-series airfoils.) All models had 4-inch chords and completely spanned
the &inch dimension of the tunnel. Static-pressure orifices having
diameters of 0.0135 inch were drilled normal to the surface near the mid-
spsn station at chordwise locations shown in figure 9.

Tests

Ml static-pressure orifices were connected to a recording manometer
so that the distribution of pressures could be obtained. Normal-force
and pitching-moment coefficients for some of the airfoils were obtained
wlththe NACA electrical pressure integrator (model B) connected to the
same pressure orifices. (See ref. llfor description of this instrument.)
Corresponding data for the other airfoils were computed directly from
manometer records of the slrfoil-surface pressures. Drag coefficients
were computed by the method of reference 12, with the pressures measured
in a total-pressure survey downstream of the model. The angle-of-attack
range foromost airfoils extended from the angle corresponding to zero
~ftto8. For some of the airfoils, normal-force and moment data were
obtained at angles of attack of 10° and 12°. Tests were conducted through
a Mach nwber tie from 0.30 to

Reynolds nmber range from 0.7 x

appromtely l.~,

106to 1.6 X 106.

with a correspo&

. ..——-——.—. —..— ...—-—..._ — .. . . _ .—. — —— —_ —c . . . —— . . . . . . . .——
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I

The basic force characteristics of all airfoils tested =e presented
as a function of Mach nuniberin figure 10 by using uncorrected angle of
attack, o+est, as a parameter (see section entitled “Jet-Boundary .

Effects”). These data are snalyzed with reference to normel-force
coefficient in fives 11 to 13, drag coefficient in figures 14 to 17,
moment coefficient in figures 18 to 22, the transonic similarity rules
in figure 23, and flow characteristics in figures 24 to 26.

Several of the figures have been presented in the form of a modified
“carpet.” For the carpets in figures 11, 14, 19, and 21, the scales
for ~est, cd, ~, and *P, respectively, sre correctly oriented only

for that Mach nuuiberspecified in the scale identification. For any other
Mach number presented, these scales must be shifted so that the zero for
the scale is on the coordinate which is labeled with the selected Mach
“ntier.

u

DIH3USS1ON

Normal-Force Coefficient

Normal-force-coefficientdata for each of the airfoils are shown in
figures 10 and 11. In order to facilitate the analysis of these data,
the normal-force-curve slope c%

()
is plotted as a function of Mach num-

ber in figure 12 for several values of normal-force coefficient. As
previously discussed, the values of angle of attack of these data have
not been corrected for jet deflection. The omission of this correction
causes the values of normal-force-curve slope presented-to be too low,
but these values should be qualitatively correct in their variations
with airfoil shape parameter, normal-force coefficient, and Mach number.

The effect of change in airfoil-thickness ratio on c% is illus-

trated in figure 12. At the lower speeds c% does not appear to”be

affected by change in airfoil thiclmess or normal-force coeffi~ient.
As the Mach number is increased, c% of all the airfoils increases. The

peak vslue of c% and the Mach number corresponding to the peak value
sre progressively higher as the airfoil thiclmess decreases. ~ addition,
the Mach nmber range through which the values of c% for the thin

airfoils are higher than those of the thick airfoils increases as the
normal-force coefficient increases. The values of c% at high Mach

nu.u.ibersfor all of the airfoils generally increased as the normal-force
coefficient increased; this was particularly noticeable for the 12-percent- .
thick airfoil, which exhibited a large loss in c% at zero lift.
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An increase in design lift coefficient causes an increase in the
normal-force coefficient attained at zero angle of attack for all Mach
numbers (fig. n(b)). TIE normal-force coefficient attdned at ~~t = 0°

increases with IQch nmiber up to M = 0.9 for Cli = 0.2 or to M= 0.8

for Cti = 0.5, and decreases progressively with further increase in Mach

number (’figs.10(d), 10(e), 10(f), and n(b)). The effect of chsmge in
airfoil design lift coefficient on c% (fig. 12) is irregular at low

Mach numbers, probably because of the curvature of the normal-force
curves of the NACA 64A206 airfoil (fig. n(b)). In the Mach number
range near 0.87, the airfoil having the highest camber produced the low-
est value of c%, but at Mach nunibersof 0.95 and above the airfoil
having the highest cariberproduced the highest value of c%.

The effect of change in airfoil thickness distribution on c% is

shbwn in figure 12. Except for localized differences at Mach nunhers
from 0.90 to 0.95, there appears to be little systematic variation of
c% with normal-force coefficient or thickness distribution for the

6A-series airfoils. Where differences can be observed in the low-speed
range, however, the 65A airfoil generally has the lowest values of c% ●

The 16-series airfoil has a lower value of c% than the 6A-series air-

foils, except at the highest Mach numbers or at the highest no*-force-
coefficients. At low norhal-force coefficients the change in c%
through the ~ch number range is less for the 16-series airfoil than for
the 6A-series airfoils, but at a normal-force coefficient of 0.4 there
is little difference between the data of the various airfoils.

The trends in c% in.the highest Mach number range indicate that

the values of c% of all airfoils tested will be essentially equal

at a Mach nu@er of 1.0, the value being about the same as at low speeds
and only slightly affected by normal-force coefficient (fig. 12). At
high Mach numlers the effect on c% produced by the change in airfoil

thickness was the largest of any profile parameter within the ranges
investigated, and the change in thiclmess distribution produced the
smallest effect.

The Mach number for normal-force break (fig. 13) generally decreases
with increase in normal-force coefficient. At any particular normal-
force coefficient, an increase in airfoil thickness or design lift coef-
ficient decreases the Mach number for normal-force break, whereas thick-
ness distribution has little effect.
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Drag Coefficient
.

Drag-coefficient data obtained by the wake-survey method sre pre-
sented in figures 10 and 14 for the various airfoils. The velocity field
of the model extends approximately to the tunnel boundary at the highest
Mach number presented; but, since the local Mach numbers experienced at
the tunnel boundary never exceed 1.05 for any data presented herein, very
little shock loss is experienced in this region and the effect on the drag
coefficients is negligible. (The irreguluities observed in the data
for the 6kA506 airfoil at l&ch numbers above 0.9 are believed to be the
result of condensation shocks.) The omission of the angle-of-attack cor-
rection due to Jet deflection (previously discussed) does not influence
the data presented in this section since angle of attack is not used as
a parameter or variable.

Figures 15 and 16 illustrate the effects of change in airfoil sec-
tion, normal-force coefficient, and Mach nmnber on n/d. Figures 15(a)
and16 show that (n/d)m and the ~ at (n/d)m increase as the 4

thicbess ratio increases for Mach nunbers of 0.75 and lower; the thicker
airfoils maintain their superiority at the highest normal-force coeffi-
cients investigated (fig: 15(a)), but at low normal-force coefficients
little difference canbe noted between the n/d values for airfoih of
different thichesses. Throughout the normal-force-coefficientrange,
the values of n/d undergo a reduction at some Mac~ number above 0.70;
the Mach nmber at wldch this reduction in n/d occurs increases as the
airfoil.thickness decreases. At Mach nunbers of 0.9 and above, n/d at
any normal-force coefficient increases as the thicbess ratio decreases.

For the cambered airfoils (figs. 15(b) and 16), (n/d)H and the

cn for (n/d)m increase with design lift coefficient at E@ch numbers

up to about O.E, the Cn for (n/d)M being always somewhat greater

than the design lift coefficient. In this speed range the NACA 64A206
airfoil generally had the highest value of n/d at low normal-force
coefficients (fig. 15(b)), but at higher normal-force coefficients the
NACA 6kA506 airfoil had the highest n/d. These effects of changes in
design lift coefficient on n/d in this speed range we in agreement
with those pointed out in reference 13. A decrease in (n/d)M OCcUrS

for all airfoils at some I&ch number above 0.70, the largest decrease
occurring for the airfoil having the highest design lift coefficient

(
cl

)
=0.5 . At Mach nmbers of about 0.85 and above, the NACA &A~6

i
airfoil has a lower value of n/d than those airfoils having less csmber,
this undesirable feature occurring throughout the normal-force-coefficient
range investigated.
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At Mach numbers less than 0.75, the effect of change in thickness
distribution on the @-series airfoils (figs. 15(c) and 16) w= to reduce
progressively (n/d)- tithe ~ for (n/d)_ as the location

of maximum thickness was moved rearward. The differences between the
values of n/d for the airfoils of this series, however, are generally
not lsxge over the whole normal-force-coefficientrange (fig. 15(c)).

The values of n/d at moderate nonml-force coefficients, of (n/d)mm,
and of cn for (n/d)ma were generally lower for the 16-series air-

foils than for the 6A-series airfoils at Mach numbers less than 0.80. At
higher Mach numbers, allairfoil.s indicate a rapid decrease in the value
of n/d as the Mach number increases. This decrease occurs at M XO.85
for the 16-series airfoil and at M = O.~ for the 6A-series airfoils
and thus causes the 16-series airfoil to have the higher values of n/d
in the Mach number range near 0.85. At Mach nunbers above 0.90, thick-
ness distribution has little effect on n/d.

Generally, the effect on n/d produced by the change in airfoil
thiclmess or design lift coefficient (within the.range of airfoil param-
eters investigated) was much larger than that produced by the change”in
thiclmess distribution. At high Mach numbers, (n/d)H generally

increases with a decrease in thiclmess and design Lift coefficient (a
reversal of the low-speed results) and decreases rapidly with increasing
Mach nuuiber. The values of (n/d)H for the airfoils at MxO.97

closely approach the theoretical values for a biconvex airfoil in super-
sonic flow computed by the method of reference 14 (fig. 15(d)). At Mach
numbers somewhat greater than 0.8, the Cn for (g/d)E for all air-

foils tested increases with Mach nmiber (fig. 16). The Cn for (n/d)m

increases with airfoil thickness, design lift coefficient, and with for-
ward movement of the location of maximum thiclmess at all Mach numbers.
This increase in Cn for (n/d)H is associated primarily with a

reduction of the rate of change.of cd with Cn (fig. 14), rather than

with an increase in the zero-lift-drag coefficient. “

A related effect is shown in figure lk(a) in which the dotted lines
indicate c% + Cn since, where Cn sins is drag coefficient due to

lift when the resultant of the lift component and the drag due to lift
component is assumed to be normal to the chord; in this figure aAori-
zontal.line originating at the drag coefficient.for zero lift indicates
the drag when this resultant is normal to stream direction (drag due to
lift equals zero, as predicted by potential-flow theory). These con-
ditions have been referred to as zero leading-edge suction and full -
leading-edge suction, respectively, but for supercriticaJ flows the
change in pressure over the rear part of an airfoil that occurs with
change in lift coefficient can have a stronger effect on drag due to
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lift than changes in the suction forces near the leading edge. In the
lower Cn range, an increase in Mach nuniberincreases the measured drag

increment due to lift except at the highest Mach numbers on the thick
airfoils. A decrease in airfoil thickness also increases the U%
increment due to lift (in the lower cn range) except at Mach numbers
between 0.85 and 0.95. An analysis has shown that the conditions which
bring about these variations are very complex because of the unpredict-
able nature of the flow when shock and separation are present.

The drag-rise Mach nunher of the various airfoils is presented in
figure 17. This parameter is presented and,discussed only in the normal-
force-coefficient range where low values of the low-speed-drag coeffi-
cient are obtained and the significance of the drag-rise Mach number as
an indication of airfoil performance is not impaired by flow separation.
The highest drag-rise Mach number occurred at zero lift for the symmet-
rical airfoils, as expected, and at normal-force coefficients approaching
the design value for the cmibered airfoils. The max- drag-rise Mach
ntier increased with a decrease’in thickness and design lift coefficient
but was little influenced by changes in location of maximum thiclmess of
the 6A-series airfoils. The 16-009 airfoil had higher values of the
drag-rise Mach number than the 6A-series airfoils of comparable thick-

.

ness

show

throughout the normal-force-coefficientrange.

Moment Coefficient

The basic data in figure 10 have been cross-plotted in figure 18 to
the effect of Mach number on cm for the various airfoils at several

normal-force coefficients. The’omission of the angle-of-attack correc-
tion due to jet deflection (previously discussed) does not influence the
data presented in this section since angle of attack is not used as a
parameter or variable. The effect of increase in Cn for symmetrical
airfoils from zero to some positive value is to cause large variations
in the moment coefficient to occur at high Mach numbers (fig. 18). With
the exception of the 16-009 airfoil, the effect of increasing the normal-
force coefficient from 0.2 to 0.4 is small.

Little effect of th.ichess on the moment coefficient is observed
for lifting conditions at Wch numbers less than 0.8. Above this speed,
the thickest airfoil experiences a rayid increase in clirtibingmoment,
followed by an equally rapid decrease, while the thinnest airfoil
experiences only an increase in divipg moment, which is less rapid and
occurs at a somewhat higher Mach number than on the thick airfoil. For
intermediate thicknesses the moment trends experienced with change in
Mach numibertend to fall somewhere between these two extremes. This
change in variation of cm with ~ch number is caused by the differ-

ences in flow over the resr portion of airfoils of different thicknesses;
.
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be pointed out later, the thick airfoilsexperience reversals in
over the rear portion, while the thin airfoils have relatively

high loadings nesr the-traili& edge. The effect of increasing the
design li,ftcoefficient of the 6-percent-thick airfoils was to cause a
negative shift in moment coefficient without ~eatly affecting the trends
with Mach number. Chmges in the thickness distribution-lad little
effect on the 6A-series airfoils, but changing the profile to the .

16-series airfoil eliminated the abrupt pitch-up tendency at high Mach
nuribersand chamged the character of the curve-throughoutthe Mach nUJlL-
ber range investigated.

Most airfoils tested were neutrally stable or slightly unstable in
the lower Mach number range (figs. 19 and 20), the NACA 16-series air-
foil being most unstable. Except for the thicker airfoils near zero
lift, all airfoils tested become stable in the higher speed range.
Large changes in the stability parameter a%/acnare observedy how-

ever, at these higher Mach numbers. Because of the large abrupt changes
in ~ and ~ with Mach nuniberin this speed range, it is often dif-
ficult to define exactly the stability parameter.

Although the stability pmwmeter is erratic in its variations, the
chordwise location of the center of pressure (xcp) behaves in a more

regular fashion (figs. 21 and 22). All of the 6A-series airfoils showed
an initial rearward shift in xCp with Mach numiberat Mach nunhrs

arOIUld0.8 to 0.9. This rearward shift with Mach nunber is continued
to the highest speeds tested for the &-percent-thick airfoil and is
little affected by changes in normal-force coefficient. For the thicker
sections, however, this initial rearw~d shift is followed by a forward
shift and for the thickest airfoils an additional reversal occurs which
returns Xcp to approxhately its low-speed value. These variations

in xcp for the thickest airfoils arereduced as the normal-force coef-

ficient is increased. An increase in design lift coefficient resulted
in a rearward shift of Xcp, as expected. A rem- shift was also

caused by increasing the l@ch number for these 6-percent-thick cambered
airfoils. The effect of an increase in normal-force coefficient was to
produce a forward shift in Xcp, which would be expected at low speeds,

and this forward shift was found to occur throughout the Mach number
range. The effect of change in thickness distribution on XCP was

small for the 6A-series airfoils.
somewhat more desirable variation

total change in Xcp through the

with normal-force coefficient, as

The 16-series airfoil prod~ced a
of Xcp with Mach number, but the

Mach number range did not decrease
was the case for the 6A-series airfoils.
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Correlations Made by the Transonic Similarity Law

The transonic similarity rules provide a method of correlating data 4
from thin airfoils at Mach numbers near 1.0 in such a manner that any
particular force or moment component for all airfoils of a family may be
defined in two-dimensional flows by a single curve. Thus, if data from
one profile are available, data for any other airfoil section having the
same thicbess distribution may be estimated or Tredicted by this rule,
provided the flows are truly similar. A correlation of the experimental
data of the 64A-series airfoils var@ng in thickness is shown in figure 23,
based on the transonic similarity parameters presented in reference 15.
All these airfoils correlate well on the basis of zero-lift drag coeffi-
cient. The correlation of the k- and &percent-thick airfoils on the
basis of drag due to lift, normal-force and pitching-moment parameters,
is reasonably good at high Mach mmibers. The disagreements between these
results at lower Mach nuribersresult from dissimilar flow conditions; the
flow over the k-percent-thick airfoil separates near the leading edge at
a very low angle of attack, so that the normal-force coefficient is .

reduced (see fig. n(a)); whereas the flow over the 6-percent-thick air-
foil remains attached over most of the surface at these low angles. The
9- or 12-percent-thick airfoils do not generally correlate with the .

thinner airfoils in the high Mach number range, but there is atendency
toward correlation at the highest speed shown. Some of the differences
may be due to the application of the similarity rule beyond its limita-
tions but most of the differences shown are probably due to the conibina-
tion of two effects on the thick airfoils, the separation behind the
shock wave over the ren of the upper surface and the rapid decrease in
pressure over the lower surface with increase in Mach number; both effects
tend to cause the normal-force coefficient to decrease and the moment
coefficient to break in the positive direction for thick airfoils.

Flow Characteristics

The schlieren photographs and pressure distributions shown in fig-
ures 24 to 26 are representative of the flow conditions over the airfoils
investigated. The pressure distributions over the airfoil surface are
superimposed on the schlieren photographs so that the atifoil chord line
identifies the P = O axis. The solid line represents the upper-surface
distribution and the dashed line represents the lower-surface distribu-
tion. In general, the flow changes in the near-sonic speed range are
similar to those frequently observed in a lower supercritical speed range; “
that is, the effect of increase in Mach number is to increase the local
pressure over the fore psrt of the upper surface and cause the shock waves
on both airfoil surfaces to move consistently rearward with a resulting
decrease in the local pressures over the rear part of the airfoil.

..——
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For ltiting conditions, the separation which occurs over the upper
surface of the symmetrical airfoils at high speeds (parts (b) and (c) of
figs. 24 and 26) is generally much more severe for the thicker airfoils
than for the thin airfoils. This separation tends to increase the local
pressure over the rear part of the upper surface. The flow generally
remains attached on the lower surface, however, and produces low pres.
sures over the lower surface near the rear part of the model and a conse-
quent reversal in airfoil loading near the trailing edge. This reversal
is particularly noticeable for the NACA 16-009 airfoil (parts (b) and (c)
of fig. 26) ad theNACA 6~012 airfoil (fig. 24(b)).

TWO widely separated shockwaves of three types are frequently
observed simultaneously on tb lower surface of cambered airfoils at low
angles of attack (figs. 25(a) and 25(b)). Each of these separate shocks
is similar in nature to shocks observed on symmetrical airfoils; they are
~usual primarily in that they occur h comkdmation on the cambered air-
foils. The shock located at the leading edge (lower surface) of the s
highly csmbered airfoil occurs because the upwash (near the leading edge)
at high Mach nwnbers is much less than at low speeds. The leading edge
of the airfoil is then effectively at a negative angle of attack and the
leading-edge-flow conditions are Bimikar to those discussed in refer-
ence 16. The lower-surface shock ne= the midchord of the moderately
cambered airfoil appears to be associated with the basic curvature of
the surface itself, since increasing the design lift coefficient elimi-
nates this phenomenon. The third type of shock which may occur in com-
bination with another shock is located at the trailing edge and is fre-
quently preceded by an expansion (indicated by a dark region on the
schlieren photographs). This trailing-edge expansion followed by a
shock wave has been observed at supersonic speeds (ref. 17) and was
attributed to a pressure difference between the upper and lower surfaces
nesr the trailing edge which caused a turning of the flow around the
trailing edge until its direction is upward relative to the free stresm,
followed by a deflection to the free-stream direction through a shock upon
meeting the flow from the upper surface. This trailing-edge expansion
with the subsequent shock was observed also at Mach numbers approaching
unity on symmetrical airfoils under lifting conditions (parts (c) of
figs. 24 and 26) and in some of these csses little difference in pres-
sure coefficient between the upper and lower surfaces was indicated.
This phenomenon was particularly noticeable, however, on the cambered
airfoils (fig. 25), where large differences in pressure exist between
the upper and lower surfaces near the trailing edge.

.

Large vsriskions in the shock angle are observed at M = 1.0 for
the various airfoils at low angles of attack, as illustrated in
fig. 24(a). These variations follow the trends expected from super-
sonic theory, which predicts that the shock angle would be a function
of the local Mach number ahead of the shock and the effective turning
angle of the flow into a corner at the trailing edge. Separation of
the flow, however, prohibits a mme detailed analysis of this phenomenon.

— .. ——— —._ ... ——_. .-
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CONCLUDING REMARKS

Tests of a woup of related NACA airfoils, varying in thickness
(64Ao04, 64Ao06, 64Ao09, 64Ao12), design lift coefficient (64Ao06,
64A.206,64A506), and thickness distribtiion (63Ao09, 64Ao09, 65Ao@,
16-009), have been conducted in a two-dimensional open-throat-type
wind tunnel at Mach numbers from 0.3 to about 1.0 and at corresponding

Reynolds numbers from 0.7 x 106 to 1.6 x 106. The angle-of-attack
range of the tests extended from that for zero lift to about 10°. The
only appreciable correction to these data is believed to be a jet-
deflection correction to angle of attack which has not’been determined
for the high Mach number range. This correction, therefore, has not
been applied to the data presented, but its omission is not expected to
alter the following conclusions:

1. The trends of the data in the highest Mach number range indi-
cated that the normal-force-curve slopes of all airfoils tested will
be approximately equal at Mach nuniber1.0, the value being about the
same as at low speeds and only slightly affected by normal-force
coefficient.

2. At nesr-sonic speeds, the msxhum ratio of normal force to drag
approaches the low values theoretically determined for a biconvex air-
foil in supersonic flows, and, in a direct reversal of the low-speed
results, increases with a decrease in airfoil-thicknessratio snd
design lift coefficient.

3. At all Mach nmnbers the normal-force coefficient formaximm
ratio of normal force to drag generaldy increases with airfoil thickness,
with design lift coefficient, and with forward movement of the location
of msxbmln thickness.

4. Except for the thicker airfoils near zero lift, all airfoils
tested become stable in the higher speed ramge with respect to a moment
center at the qusrter-chordpoint.

Langley Aeronautical tiboratory,
National Advisory Ccmmittee for Aeronautics,

_ey Field, Vs., July 31, 1952.

——
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(a) Pictorial representation.
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Figure l.- Larigley4- by 19-inch semiopen tunnel.
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Figure 1.- Concluded.
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Figure 3.- Local Mach nunber distributions along center line of the flat
side walls of the Langley 4- by 19-inch semiopen tunnel, with and
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Figure 19,- Variation of section quar+xr-chord moment coefficient with

section norud-force coefficient at various Mach numbers.
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